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SUMMARY 


The  flow  about  the  aerofoils  is  examined  with  particular  attention  to 
the  expansive  flow,  to  supersonic  speeds,  on  the  blunt  leading  edges,  and  to  the 
subsequent  compression.  The  movements  of  stagnation  and  sonic  points  are 
analysed.  The  shock  structure  in  the  supersonic  compression  process  is 
explained,  with  the  aid  of  a  characteristics  network.  The  effects  of  blunting 
on  lift  and  lift-drag  ratio  are  considered.  ' 
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Notation 

M  Mach  number 

p  static  pressure 

H  total  pressure 

c  aerofoil  chord  (general) 

a  chord  of  sharp  leading-edged  aerofoil  (430) 

r  leading-edge  radius 

V 
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chordwise  co-ordinate  measured  fi-om  leading  edge 

chordwise  co-ordinate  measured  from  the  discontinuity 
of  curvature 

thickness  co-ordinate  measured  from  the  axis  of  symmetry 
angle  of  incidence 
thickness-chord  ratio 
surface  slope 

angular  co-ordinate  measured  from  the  axis  of  symmetry, 

=  90-8 


pressure  coefficient  = 


P  -  P, 


iypjf* 


reduced  pressure  coefficient  =  C 


transonic  similarity  parameter,  = 


1  -  M* 
_ o 

C(y+1)r  M^8'3 


ratio  of  sp'cific  heats 

rate  of  angular  movement  of  stagnation  point  with  incidence 


lift  coefficient,  = 


drag  coefficient,  = 


Pressure  Drag 


liner  open-area  ratio 
tunnel  height 


slot  Bpacing,  = 


Tunnel  Width 


Number  of  slots 


21  %cr 

—  -dn  sin  — 
%  2 


tunnel  liner  parameter,  = 


1  -  (C/h) 
1  +  (C/h) 


Subscripts 


4  - 


o  free-stream  value 

s  stagnation  point  value 

Subscript 

*  sonic  point  value 


1 .  Introduction 


The  work  described  in  this  paper  is  aimed  at  the  development  of 
aerofoil  sections  which,  at  transonic  speeds,  have  extensive  regions  of  1 
supersonic  flow  but  have  only  weak  shock  waves  and  so  maintain  satisfacto: 
performance  characteristics.  It  is  thus  hoped  to  relax  the  severe  restr' 
on  thickness-chord  ratio  and  minimum  sweep-angle  which  apply  when  the  ons< 
strong  shock  waves  is  avoided  by  preventing  extensive  regions  of  local  sa; 
flow. 


Pressure  distributions,  on  a  wide  range  of  aerofoil  shapes  whic, 
rise  to  local  regions  of  supersonic  flow,  fall  into  the  two  main  categorl 
sketched  in  Pig.  1 :  (a)  those  for  which  there  is  a  monotonic  reduction  i 
pressure  from  the  stagnation  point,  through  sonic  pressure,  to  a  shock  wa 
and  (b)  those  for  which  there  is  a  rapid  reduction  in  pressure  to  supersoi 
values  near  the  leading  edge,  followed  by  a  general  rise  in  pressure  towai 
shock  wave.  The  latter  type  of  pressure  distributions  have  become  known 
"peaky"  since  they  are  associated  with  high  velocity  peaks.  The  shock  w 
referred  to  here  is,  in  general,  required  to  match  the  local  supersonic  f. 
to  the  subsonic  downstream  flow.  The  type  of  pressure  distribution  achit 
found  to  depend  on  the  section  geometry,  the  angle  of  incidence  and  the  f. 
Mach  number.  The  possibilities  of  utilising  the  pressure  distributions  c 
second  type  to  bring  about  signif icant  improvements  in  transonic  aerofoil 
performance,  through  improved  lift,  drag-rise  Mach  number  and  separation  c 
boundaries,  have  been  shown  by  Pearcey'  and  in  recent  years  much  effort  hs 
devoted  to  the  understanding  of  the  flow  mechanism  and  controlling  factors 


One  obvious  role  of  the  low  pressure  region  on  the  upper  surface 
directly  to  increase  the  lift,  by  an  amount  proportional  to  the  difference 
the  areas  within  the  upper-  and  lower-surface  pressure  distributions  (Pig. 
In  addition  the  low  pressures  in  the  "peak"  region  act,  at  least  in  part, 
forward-facing  surface  areas  and,  therefore,  also  provide  a  suction  effect 
reduces  the  pressure  drag"'.  At  Mach  numbers  above  the  ci’itical  value  the 
pressure  drag  is  nearly  all  due  to  wave  drag  (the  difference  being  the  sms 
pressure  out-of -balance  caused  by  the  boundary  layer),  so  that  changes  in 
drag  must  be  compatible  with  changes  in  wave  drag.  The  mechanism  which  t 
about  the  reduction  in  wave  drag  is  a  consequence  of  the  low  pressures  in 
leading-edge  region.  The  low  pressures  are  associated  with  expansion  wav 
leave  the  surface  and  then  reflect  from  the  sonic  line  as  compression  wave 
These  are  augmented  by  reflection  at  the  aerofoil  surface  and  cause  an  inc 
pressure  in  a  downstream  direction,  and  so  reduce  the  strength  of  the  shoe 
at  the  end  of  the  supersonic  region.  By  this  means  there  seems  to  be  the 
possibility  of  achieving  a  compression  from  supersonic  to  subsonic  flow  at 
trailing  edge  without  a  shock  wave,  or  with  at  most  a  very  weak  shock,  and 
eliminating  wave  drag,  as  sketched  in  curve  (c)  of  Pig.  1.  The  flows  on 


aerofoils 


i  aerofoils  which  have  been  tested  at  the  N.P.L.  closely  approach  this  isentropic 
j compression  for  a.  range  of  conditions  sufficient  to  represent  significant  gains 
I  in  aircraft  performance  over  what  would  he  otherwise  possible,  and  indicate  that 
i  such  an  ideal  is  a  worthwhile  design  aim.  Against  this  is  the  possible 
1  instability  of  an  isentropic  compression  to  subsonic  flow;  this  question  has 
;  been  considered  by,  for  example,  Shapiro^,  Kuo  and  Sears3  and  Bers^, 
i  Mathematical  arguments^  tend  to'  indicate  that  the  ideal  cannot  be  attained  but 
results  are  still  somewhat  inconclusive  owing  to  difficulties  in  formulating  the 
problem.  In  any  case,  the  presence  of  a  weak  shock,  although  resulting  in  a 
breakdown  of  the  isentropic  flow  in  a  mathematical  sense,  would  not  detract 
significantly  from  the  performance  advantages  aval]  able  to  the  aircraft  designer. 

Olio  broad  features  of  the  aerofoil  geometry  required  to  generate  the 
"peaky",  low-pressure  region  have  been  outlined  by  Pearcey  in  Eef.  1  and  more 
recent,  unpublished  work  at  the  N.P.L.  has  gone  further  in  qualitatively 
describing  the  necessary  shape.  It  has  been  found  that  a  rapid  change  of 
curvature  from  a  high  value  at  the  leading  edge  to  a  low  value  further  back  is 
the  essential  feature,.  The  high  curvature  from  the  stagnation  point  produces 
a  rapid  expansion  to  high,  supersonic  velocities  and  the  sudden  transition  to 
low  curvature  stops  the  expansion  and  determines  the  "peak"  height.  The  surface 
shape  from  then  on  must  be  matched  to  the  incoming  concession  wave  to  produce 
the  desired  pressure  distribution. 

It  has  however  been  found  that  most  aerofoils  with  satisfactory  low- 
pressure  "peaks"  in  the  lower  transonic  range  lose  their  "peaky"  behaviour  as 
the  free  stream  is  raised  towards  supersonic  speeds  if  incidence  is  held  constant. 
In  order  to  investigate  further  the  geometric  parameters  controlling  the  form  of 
the  low-pressure  region  and  the  compression  to  subsonic  flow,  the  work  described 
in  this  paper  was  undertaken  using  the  simplest  possible  aerofoil  shape  compatible 
with  the  known  curvature  requirement,  namely  a  circular-arc  biconvex  aerofoil  with 
a  circular,  cylindrical  blunting  of  the  leading  edge.  It  was  not  expected  that 
such  a  shape  would  be  suitable  for  use  in  wing  design,  particularly  owing  to  the 
boundary-layer  separation  problems  likely  to  arise  at  the  discontinuous  change  of 
curvature  for  low  flight  speeds.  However,  understanding  of  the  flow  about  such  a 
simple  geometric  shape  should  provide  information  which  would  enable  further 
developments  in  "peaky"  aerofoil  design  to  be  made. 

Early  tests  on  this  geometzy  showed  that  it  produced  a  region  of  very 
low  pressure  in  the  vicinity  of  the  change  of  curvature  and  that  this  persisted  at 
the  high  subsonic  free-stream  speeds.  The  speed  range  of  interest  was  then 
increased  to  include  low  supersonic  speeds  in  order  to  investigate  the 
characteristics  of  "peaky"  aerofoils  in  this  regime. 

The  basic,  sharp  leading-edged,  biconvex  aerofoil  was  also  tested  to 
form  a  datum  from  which  the  effects  of  leading-edge  blunting  could  be  measured. 

Factors  which  affect  the  application  of  wind-tunnel  data  to  full-scale, 
free-flight  conditions  are  the  representation  of  the  boundary-layer  transition 
point  and  tunnel-wall  interference  effects.  The  state  of  the  boundary  layer 
would  not  be  expected  to  affect  the  surface  pressures  in  an  important  way  providing 
separation  did  not  occur,  so  that  the  main  experimental  programme  was  carried  out 
using  no  artificial  means  of  fixing  transition.  However,  it  was  found  that  in 
some  cases  a  local  separation  bubble  was  present  near  the  change  of  curvature  and 
some  limited  tests  were  made  on  the  effects  of  using  a  carborundum  strip  to 
promote  transition  arid  so  suppress  the  separation.  Wall  interference  in  tunnels 


similar  to  the  one  used  here  has  been  discussed  in  Ref.  6,  where  some 
recommendations  for  red'. icing  it  are  made,  hut  little  experience  is  available 
of  the  effects  that  interference  has  on  the  pressures  in  the  region  of  the  "j 
and  of  the  subsequent  compression  for  aerofoils  of  the  type  being  considered 
present,  particularly  at  high  subsonic  speeds.  It  was  thus  found  necessary 
investigate  the  effect  of  varying  the  slot  open-area  in  order  to  demonstrate 
applicability  of  the  experimental  data  to  free~air  conditions.  This  work  w t 
only  of  an  exploratory  nature  and  the  topic  deserves  further  study. 

2.  Wind  Tunnel  and  Models 

The  experiments  were  carried,  out  in  an  N.P.L.  transonic,  induced-f] 
wind  tunnel  which  has  a  working  section  measuring  ~j>6  in.  x  14  in.  (91  cm  x  31 
Slotted  top  and  bottom  liners  were  used  in  the  Mach  number  range  0*  7  to  1*1, 
solid,  supersonic  liners  for  the  Mach  number  of  1  *4.  The  stagnation  pressui 
this  tunnel  is  limited  to  just  below  atmospheric,  the  small  loss  being  due  tc 
gauzes* 

Pressures  were  measured  on  a  multitube,  mercury  manometer. 

The  two-dimensional  models  were  mounted  spanning  the  14  in.  width  c 
tunnel.  The  basic  aerofoil  section  was  circular-arc  biconvex,  described  by 
radii  of  30  in.  (76*2  cm)  and  a  chord  of  10  in.  (25*4  cm),  this  model  being 
designated  R30*.  Blunted  sections  R3010  and  R3°1 5  were  derived  from  the  ba: 
sharp  shape  by  leading  edges  of  constant  radii  0*10  in.  (0*254  cm)  and 
0*15  in.  (0*381  cm)  respectively.  The  leading-edge  cylinders  blended  tanger 
with  the  basic  shape,  giving  chords  somewhat  less  than  10  in.  Details  of  th 
three  section  shapes  are  given  in  Pig.  2. 

The  models  were  made  by  the  "tangent  milling"  method.  In  this  a  r 
of  planes  are  cut  tangentially  to  the  required  contour,  such  that  the  point  c 
intersection  of  any  two  adjacent  planes  deviates  from  the  required  shape  by 
0*0005  in.  (0*00127  cm).  The  final  smooth  shape  is  achieved  by  hand  finishi 
Static  pressure  holes  were  drilled  normal  to  the  surface,  0*010  in,  (0*0254  c 
diameter  generally,  but  those  near  the  leading  edge  were  made  0*007  in.  (0*01 
Forty  pressure  holes  were  distributed  on  the  upper  and  lower  surfaces. 

3.  Test  Conditions 


Surface  pressures  have  been  measured  and  schlieren  photographs  take 
the  sharp  and  two  blunt  leading-edged  aerofoils  over  the  Mach  number  range  0* 
1*40.  In  addition, . the  blunt  aerofoils  were  also  tested  at  a  Mach  number  of 
The  incidence  range  of  0  to  4  degrees  was  covered  at  all  Mach  numbers,  except 
at  Mc  =  1*40,  the  flow  could  not  be  established  on  the  blunt  shapes  at 
incidences  above  about  2  degrees. 

The  free -stream  Reynolds  number  lay  within  the  range  3*7  to 
4*2  x  10s  per  in.  (1*4  to  1*6  x  10s  per  cm). 

The  majority  of  the  results  were  obtained  with  slotted  tunnel-liner 
open-area  ratio  (<r)  =  0*091  (T  =  0*96),  and  ’without  any  artificial  means 

fixing/ 

The  aerofoils  referred  to  here  have  now  been  given  N.P.L,  designations  as  fo! 

R30  :  NPL  9410 

R3010  :  NPL  9411 

R301 5  :  NPL  9412 


fixing  boundary- layer  transition.  A  limited  number  of  tests  were  also  made 
under  varying  conditions,  by  fixing  boundary-layer  transition  with  a  leading-edge 
carborundum  strip,  and  by  reducing  the  liner  open-area  ratio  to  0*025  (T  =  0*75). 

4.  Inviscid  Plow  Behind  a  Blunt  Leading  Edge 

it  will  be  shown  in  Section  <3. 2  that  the  surface  pressures  measured 
on  the  cylindrical  leading  edges  of  aerofoils  R3010  and  R3015  are  in  good 
agreement  with  those  calculated  by  Chushkin?  for  inviscid  flow  round  a  circular 
cylinder  at  the  same,  sonic,  free-stream  speed.  This  being  established,  it  is 
reasonable  to  assume  that  Chushkin's  solution  for  the  flow  field  away  from  the 
body  applies  to  the  aerofoils  tested,  up  to  the  point  where  they  deviate  from  a 
circular  shape.  It  follows  that  a  method  is  available  for  calculating  the  flow 
field  on  the  aerofoil  downstream  of  the  leading  edge. 

Data  along  the  limiting  characteristic,  as  given  by  Chushkin,  was 
taken  as  the  initial  reference  line  for  a  characteristic  network.  (This  limiting 
characteristic  originates  from  the  surface  where  the  slope  is  12*5  degrees  and 
the  leading  edges  on  aerofoils  on  B301 0  and  R3015  terminate  where  the  slopes  are 
8*4  and  7*7  degrees  respectively.)  The  result  of  an  attempted  solution  for 
aerofoil  R3015  at  Mq  =  1*0  and  a  =  0  is  sketched  in  Pig.  3(a).  It  is 
found  that  the  solution  breaks  down  as  soon  as  the  relatively  flat  surface,  AB,  is 
encountered,  owing  to  intersection  of  characteristics  of  tire  family  leaving  the 
surface. 


In  spite  of  this  somewhat  negative  result  the  form  of  the  characteristics 
network  does  throw  some  light  on  the  mechanism  of  the  overexpansion  and 
subsequent  compression,  which  is  useful  in  explaining  the  experimental  data. 

The  highly  curved  surface  (SA) ,  following  the  sonic  point  (S) ,  generates  an 
expansion  wavs  leaving  the  surface  and  a  compression  wave  which  approaches  the 
surface,  AB,  downstream.  This  compression  may  be  considered  as  a  "reflection'1  of 
the  expansion  at  the  sonic  line.  The  compression  wave  then  reflects  from  the 
aerofoil  sirface  as  a  further  compression  w ave,  the  strength  of  which  is  governed 
by  the  rate  of  change  of  surface  slope  in  the  region  of  reflection.  In  the 
present  case  the  surface  (AB)  behind  the  leading  edge  is  of  low  curvature, 
relative  to  that  of  SA,  and  the  compression  is  reflected  still  as  a  strong 
compression  wave.  The  intersection  of  the  characteristics  of  this  compression 

wave  leaving  the  surface  is  interpreted  as  the  formation  of  a  shock  wave.  The 
flow  is  analogous  to  the  phenomenon  in  a  compression  corner,  where  a  uniform 
supersonic  stream  approaches  a  concave  wall  (Pig.  3(b)). 

It  can  be  seen  from  the  characteristics  network  that  a  more  highly 
curved  surface,  AB,  following  th  •  same  leading  edge  would  allow  a  compression 
without  intersection  of  characte  .istics  and,  hence,  without  a  shock  wave. 
Alternatively,  a  flatter  surface  producing  a  more  rapid  rate  of  compression  would 
give  rise  to  a  stronger  shock. 

The.  intersection  of  characteristics  following  a  blunted  leading  edge 
on  a  wedge  at  supersonic  speeds  has  been  previously  reported  by  Chushkin”,  and  he 
uses  this  to  predict  the  formation  of  a  shock  wave  within  the  flow  field. 

There  are  other  examples  in  which  a  shock  in  the  compression  following  the  q 
blunted  nose  on  a  cone  in  supersonic  flow  has  been  reported  (e.  g.  ,  Traugott'j. 

The  flow  field  studied  here  is  a  particular  example  of  that  discussed 
by  Nikolskii  and  Taganov  in  Ref.  10.  They  have  investigated  the  conditions 
leading  to  breakdown  of  potential  flow  in  a  local  supersonic  region  and  show,  in 


general/ 
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general  terms,  that  if  a  surface  contour  exists  to  give  potential  flow  then 
making  a  segment  of  the  contour  flat  will  cause  r  shock  to  form.  r  r cover, 
they  find  that  if  the  contour  deformation  toward s  the  straight  is  effected 
continuously  then  breakdown,  of  the  potential  flow  will  occur  k  of  ore  the  defor/iv 
segment  becomes  straight.  It  is  this  breakdown  of  potential  flow  which  is 
shown  above  as  the  intersection  of  characteristics  for  a  surface  >,  r.oh  ‘  c 
insufficiently  curved. 

5.  Discussion.  <:f  :  Pipy  about  tn-s  v-..‘jfoils 

Schlieren  flow  photographs  have  been  obtained  for  all  tliree  aerofoil 
sections  at  each  value  of  llach  number  and  incidence  for  which  pressures  were 
measured.  Examples  are  shown  for  2  degrees  incidence  and  i  r-.ch  numbers  of 
0*8,  0*9j  1*0  and  1*4.  in  Pigs.  4-  and  5,  for  sections  R30  ard  R301 5  respective!; 
These  photographs  were  taken  under  conditions  of  natural  transition  anc  a  line: 
open-area  ratio  of  0*  091 . 

It  is  seen  that  the  flow  on  the  upper  surface,,  in  general,  involves 
shock  systems:  one  emanates  from  the  region  just  behind  th.>  leading  edge;  th< 
other,  which  is  more  common  on  aerofoils  at  transonic,  speeds,  lies  further  bac’4 
and  is  required  to  match  the  local  supersonic  flow  to  the  subsonic  flow'-  downs  1 
This  latter  shock  moves  aft  with  increasing  free-stream  Kach  number  and  lies  a 
the  trailing  edge  for  M0  =  1*0.  At  supersonic  speeds  .  further  shock  appe 

in  the  form  of  the  bow  shock,  seen  detached  on  both  the  sharp  and  blunt  aerofo: 
in  Pigs.  4-(d)  and  5(d). 

On  the  type  of  blunt  aerofoil  considered  here  the  expansion  round  th 
leading  edge  is  such  that  local  supersonic  flow  is  reached  first  in  the  region 
the  change  of  surface  curvature  (Pig.  5(a)).  The  flow  field  at  this  low  end  c 
the  transonic  range  is  sketched  in  Pig.  6(a).  In  this  case  a  lambda-type  of 
shock  formation  appears  downstream  of  the  change  of  curvature.  The  forward  It 
is  an  oblique  shock  embedded  within  the  supersonic  flow  region  and  remains  at  J 
location,  independent  of  incidence  or  free-stream  speed  variations.  The 
downstream  leg  is  approximately  normal  to  the  surface  and  terminates  the 
supersonic  region.  The  latter  shock  moves  downstream  with  increasing  free-sti 
speed.  Also  with  increasing  speed  a  second  region  of  supersonic  flow  develops 
the  region  of  the  crest  and  is  also  terminated,  by  a  shock  wave.  This  conditic 
is  sketched  in  Pig.  6(b)  (see  also  the  pressure  distribution  for  R3010  in  Pig. 
As  Mach  number  is  increased  still  further  the  two  supersonic  regions  merge  to  c 
and  the  flow  is  that  seen  in  Fig.  5(b)  and  sketched  in  Pig.  6(c);  the  flow 
downstream  of  the  first  shock  system  is,  at  this  stage,  supersonic..  Further 
increase  of  Mach  number  spreads  the  local,  supersonic  flow  until,  for  superson:’ 
free-streams,  the  flow  sketched  in  Pig,  6(d)  develops  (see  also  Pig.  5(d)). 

The  oblique  shock-wave  system  seen  just  downstream  of  the  leading  ed£ 
in  the  schlieren  pictures  involves  a  very  complex  mechanism.  The  consideratic 
of  inviscid  flow  behind  a  blunt  leading  edge  in  Section  4-  indicate  that  a  shoci 
wave  caused  by  the  convergence  of  characteristics,  would  be  present  at  sonic 
free-stream  speed,  and  the  same  process  would  lead  one  to  expect  a  shock  wave  a 
other  transonic  speeds.  Indeed  close  examination  of  some  of  the  schlieren 
photographs  (e.g, ,  Figs.  5(a) »  (b)  and  (c))  does  show  a  convergence  of  weak 
shocks,  growing  from  near  the  surface,  and  coalescing  to  form  a  stronger  shock 
well  away  from  the  body.  In  addition  the  strong,  adverse  pressure  gradient 
associated  with  the  growth  of  this  shock  wave  is  likely  to  give  rise  to  separat 
of  the  boundary  layer,  and  in  some  instances  the  measurements  of  surface  pressu 

(see/ 


(see  Section  6.2)  do  indicate  the  presence  of  separation.  If  the  boundary 
layer  is  separated  then  a  further  shock  wave  will  be  caused  at  its  reattachment. 
Thus  there  is  a  mechanism  to  predict  the  presence  of  two  shock  waves:  one 
accountable  from  consideration  of  an.  inviscid  flow;  the  other  arising  from 
viscous  effects.  These  two  shocks  are  likely  to  become  merged  and  in  many 
cases  it  would  be  impossible  to  say  which,  effect  was  dominant. 

6.  Pressure  Distributions 

6. 1  Results  on  the  sharp  aerofoil  at  Hq  =  ®  =  0 


The  pressure  distributions  on  the  sharp  leading-edged  aerofoil  at  sonic 
speed  and  zero  incidence  will  be  considered  separately  here  since  it  is  a  case 
which  has  received  considerable  attention  in  the  past.  Experimental  results  are^ 
available  from  the  work  of,  for  example,  Bryson^:  Michel,  Marchaud  and  Le  Gallo  *"} 
Eenshall  and  Cash'^  and  Kawamura  and  Karashima^,  Results  from  measurements  on 
the  sharp  aerof  odd.  (R30) ,  with  natural  transition  and  a  liner  open-area;,  ratio  of 
0*  0$1 ,  are  compared  with  data  from  some  of  the  above  sources  in  Pig.  7*  Pressure 
is  plotted  in  terms  of  the  reduced  pressure  coefficient.  Op,  of  Spreiter  and 
Alksne^  which,  according  to  the  transonic  similarity  law  developed  therein, 
should  reduce  all  the  data  in  Pig.  7,  for  different  thickness-chord  ratios,  to  a 
single  curve.  The  co-ordinate  x  is  measured  from  the  leading  e.  ges  of  the 
aerofoils  and  is  non-dimensionalised  by  their  chords,  a.  Also  shown  is  the 
pressure  distribution  on  a  biconvex  aerofoil  as  given  by  the  invisvid  theory  of 
Ref.  15.  The  present  results  agree  quite  well  with  the  theory  over  the  forward 
part  of  the,  aerofoil,  as  do  those  of  Ref.  11  which  were  obtained  on  a  biconvex 
fore-body  (these  are  plotted  with  -  22j0  as  ordinate  since  results  were  only 
obtained  for  Mach  numbers  somewhat  different  from  unity).  The  large  deviation 
of  the  results  of  Ref.  12  near  the  leading  edge  is  due  to  the  model  technique  which 
used  a  circular-arc  hump  on  a  wind  tunnel  wall,  so  smoothing  out  the  stagnation 
point  by  the  wall  boundary  layer.  Over  the  rearward  portions  all  the  experimental 
results  in  Pig.  7  show  pressure  levels  below  that  of  the  theoretical  curve,  but  the 
present  results  are  in  fair  agreement  with  theory*.  Eawamura  and  Karashima’' ^ 
obtained  surface  pressures  using  interferometry  techniques  and  found  good  agreement 
with  the  theory  of  Ref.  15.  (Their  results  are  presented  on  too  small  a  scale  to 
extract  and  reproduce  here. ) 

6,2  Results  on  the  sharp  and  blunt  aerofoils 

In  this  section  the  pressure  distributions  on  the  sharp  and  blunt 
aerofoils  will  be  discussed  and  compared,  with  reference  to  data  obtained  with 
natural  boundary-layer  transition  and  a  liner  open-area  ratio  of  0*091. 

Typical  examples  of  the  measured  upper-surface  pressure  distributions 
are  plotted  for  the  three  aerofoils  in  Figs.  8  to  12,  in  order*  to  show  the 
effects  of  simple,  cylindrical  blunting  of  a  leading  edge  (except  at  Mo  =  0*70, 

for  which  results  on  R30  were  not  obtained).  The  pressure  (p),  non-dimensionalised 
by  the  stagnation  pressure  (H0),  is  plotted  versus  the  distance  (x)  from  the 
leading  edge  of  the  sharp  aerofoil,  non-dimensionalised  'by  its  chord  (a).  The 
parts  of  the  aerofoils  unmodified  by  blunting  are  superimposed  on  the  x-scale, 
as  in  Pig.  2, 


The/ 

—  —  —  —  —  —  ~  —  -  —  —  —  —  —  —  —  —  ~  —  —  —  —  —  — 
Recent  further  tests  on  model  R30  in  the  same  tunnel  as  is  used  here  have  shown 
i;hat  better  correlation  between  experiment  and  theory  can  be  'chieved  by  using 
less-open  tunnel  liners.  (PEL  Aero  Report  1168  —  ’’Interference  effects  at  sonic 
speed  for  a  biconvex  aerofoil  in  a  wind  tunnel  with  slotted  liners"  by 
¥.  J.  Graham  and  A.  G*  »T.  Macdonald.) 
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The  leacing-edge  angle  of  the  sharp  aerofoil  is  approximately  1 9 
and  is  sufficiently  large  to  cause  detachment  of  the  how  3hock  at  Nq  =  1 
and  zero  incidence.  Therefore  the  flow  about  this  aerofoil  is  transonic  o 
the  whole  Mach  number  range.  At  incidence,  the  stagnation  point  on  the  le 
edge  moves  to  the  lower  surface  and  the  flow,  in  turning  round  the  vanishin, 
small  radius  to  the  upper  surface,  produces  a  localised  region  of  low  press’ 
as  seen  in  Pigs.  9  to  12.  (The  lower  surface  pressures  are  not  shown  here 
there  was  inadequate  det^ : 1  to  locate  the  stagnation  point  accurately. ) 
According  to  the  description  of  a  :,peaky"  aerofoil  adopted  in  this  paper 
(see  Introduction) ,  the  sharp  leading-edged  aerofoil  exhibits  "peaky"  behav 

The  pressures  on  the  blunt  leading  edges  of  R301G  and  R301 5,  at  a 
free-stream  Mach  numbers ,  show  an  expansive  flow  occurring  on  a  greatly  mag 
length  scale,  compared  with  the  sharp  case,  and  this  expansion  is  also  pres 
zero  incidence.  Thun  at  all  incidences  and  Mach  numbers  the  blunt  aerofoi 
exhibit  "peaky"  behaviour.  The  rapid  expansion  from  the  stagnation  point, 
the  leading-edge  cylinder,  gives  quite  high  local  Mach  numbers  (e.g. ,  about 
aerofoil  R3015  at.  Mo  =  0*8,  a  =  2°;  Pig.  9(a)).  This  expansion  is 
terminated  by  the  rapid  reduction  of  surface  curvature  at  the  junction  of  t'. 
leading-edge  cylinder  and  basic  shape.  At  this  stage  the  flow  is  over-exp 
in  the  sense  that  the  local  pressure  is  considerably  less  than  that  which  «,*: 
at  this  point  with  the  sharp  leading  edge.  A  compression,  follows  as  the 
pressure  moves  towards  its  sharp  leading-edge  distribution.  Sufficiently  ■ 
downstream  the  pressures  become  independent  of  leading-edge  shape. 

The  mechanism  of  the  compressive  flow  which  immediately  follows  t: 
expansion  round  the  blunt  leading  edges  has  been  discussed  in  Sections  4-  an 
where  it  is  shown  that  the  flow  on  the  present  aerofoils  always  involves  a. 
shock-wave  system.  However,  in  most  cases  the  pressure  distributions  in  tlr 
region  are  quite  smooth,  which  reinforces  the  primary  explanation  developed 
the  presence  of  a  shock  in  this  region;  i.  e. ,  the  convergence  of  character: 
to  give  the  growth  of  a  shock  away  from  the  surface. 

At  the  lower  Mach  numbers  and  incidences  the  supersonic  corapressit 
socn  terminated  by  a  shock  wave,  such  as  i3  seen  in  Pig.  9(a).  This  shock 
corresponds  to  the  rear  leg  of  the  lambda-type  of  shock  formation  seen  in  tl 
schlieron  photograph  Fig.  5(a) ,  and  it  moves  downstream  with  increasing  free 
Mert.  number  or  incidence.  Also  as  either  Mach  number  or  incidence  is  incre 
there  is  a  tendency  for  the  supersonic  compression  to  be  followed  by  an  exps 
which  is  then  terminated" by  a  shock,  as  seen  in  Pigs.  9(b)  and  10. 

For  a  given  geometry,  the  rate  of  compression  depends  on  incidenc< 
free-stream  Mach  number,  so  that  the  chordwise  extent  of  the  over-expansion 
also  a  function  of  the  same  variables.  In  general  terms,  for  Mach  numbers 
unity,  the  chordwise  ^-tent  of  the  over-expansion  is  increased  by  increasing 
Mach  number  (e.g, ,  ^So.  9(a),  10(a)  and  11(a))  and  incidence  (e.g..  Pigs.  $ 
and  9(b)).  For  supersonic  speeds,  the  chordwise  extent  of  the  over- expans 2 
decreased  by  increasing  Mach  number  (e.g.,  Pigs.  11(a)  and  12).  This  is  nc 
due  to  a  reversal  in  the  variation  of  rate  of  compression  with  Mach  number  \ 
instead,  caused  by  the  general  fall  in  pressure  level  on  the  sharp  section 
itself  ,  so  that  little  compression  is  needed  to  return  to  the  sharp  section 
distribution.  At  sufficiently  high  supersonic  speeds  the  over- expans  ion  wc 
be  expected  to  disappear  altogether. 

The  pressure  distributions  on  the  two  blunt  aerofoils  show  a  very 
similar  form  throughout  the  Mach  number  and  incidence  range.  Apart  from  a 
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difference  in  leading-edge  radius,  the  two  aerofoils  have  similar  geometry 
(Fig.  2).  The  aerofoil  with  the  larger  leading-edge  radius  (R301 5)  has  a 
slightly  greater  turning  angle  before  the  change  of  curvature  and  this  results 
in  a  slightly  higher  local  Mach  number  in  this  region  than  for  the  other  blunt 
aerofoil  (R3010). 

At  the  lower  values  of  incidence  and  Mach  number  (see  Fig.  8)  the 
region  of  nearly  constant  pressure  just  behind  the  change  of  curvature  indicates 
that  a  local  separation  of  the  boundary  layer  is  taking  place,  as  was  thought 
likely  in  Section  5.  Detailed  examination  of  the  pressure  distributions  shows 
that  the  pressure  gradient  ahead  of  where  separation  occurs  decreases  with 
increasing  incidence  and  Mach  number,  and  at  the  higher  values  is  evidently 
insufficient  to  promote  a  noticeable  boundary-layer  separation. 

The  lower  surface  pressures  are  of  little  interest  here.  It  suffices 
to  say  that  the  region  of  over- expans ion  becomes  less  extensive  as  incidence 
is  increased,  as  would  be  expected  from  the  trends  on  the  upper  surface,  and  that 
downstream  of  the  ovei>-expansion  the  pressures  are  independent  of  leading-edge 
geometry,  again  following  the  upper-surface  behaviour. 

6.3  Effects  of  fixing  boundary-layer  trai  jit  ion 

The  boundary-layer  separation  which  has  been  observed  in  the  compression 
behind  the  leading  edge  (Section  6.2)  affects  the  pressures  locally,  and,  in  order 
to  investigate  this  and  any  additional  effects  which  may  occur  downstream,  some 
limited  tests  were  made  with  a  0  to  %  chord,,  roughness  band  on  upper  and  lower 
surfaces.  Several  densities  of  carborundum  (particle  size  about  0*002  in. 

(0°  00508  cm))  were  tried  but  the  surface  pressures  were  insensitive  to  this. 

For  this  3tudy  the  liner  open-area  ratio  was  retained  at  0*051. 

A  comparison  of  chordwise  pressure  distributions  with  and  without 
roughness  is  made  in  Fig.  8(b)  for  a  Mach  number  of  0*7  and  4  degrees  incidence. 
Without  roughness  there  is  a  local  separation  bubble,  identified  by  the  region 
of  nearly  constant  pressure  embedded  in  the  compression.  With  roughness  the 
expansion  on  the  leading-edge  cylinder  gives  lower  pressures,  and  there  are  no 
signs  of  separation  in  the  pressure  distribution.  The  effects  of  fixing 
boundary-layer  transition  at  low  Mach  numbers  are  shown  in  greater  detail  in 
Fig.  16(a)  where  the  leading-edge  pressures  are  plotted  versus  the  angular 
co-ordinate  0,  Up  to  0  =  60°  the  state  of  the  boundary  layer  has  no 

significant  effect  on  the  pressures.  Beyond  this  the  flow  with  fixed  transition 
expands  to  a  lower  pressure  at  the  pressure  minimum  (0  a  65°),  and  the  pressures 
remain  lower  than  the  natural  transition  values  up  to  the  change  of  curvature 
(0  =  82*3°  for  R3015). 

At  higher  Mach  numbers,  where  no  separation  is  evident  in  the  pressure 
distribution,  the  pressures  are  only  sli^itly  affected,  at  the  change  of 
curvature  itself,  by  addition  of  the  roughness  band.  This  is  shown  on  the 
detailed  leading-edge  pressure  distribution  in  Fig.  16(b),  for  Mfl  =  1’0. 

It  can  be  concluded  that  suppression  of  the  separation,  by  inducing  a 
turbulent  boundary  layer-  on  the  leading  edge,  does  not  affect  the  overall 
pressure  distribution.  Thus,  we  can  assume  that  the  observations  in  this  paper 
are  typical  of  higher,  free-f light  Reynolds  numbers,  except  in  the  locality  of 
the  separation  regions. 
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7.  Induced  Pressure  Differences  due  to  Leading-Edge  Blunting 

In  this  Section  the  pressure  differences,  between  the  sharp  and  blui 
aerofoils,  are  considered  as  increments  induced  by  the  blunt  leading  edge.  ! 
analysis  of  these  increments  will  be  based  on  the  pressure  data  obtained  with 
natural  boundary-layer  transition  and  a  liner  open-area  ratio  of  0*091,  and 
presented  in  Section  6.2. 

The  taming  of  the  supersonic  flow  around  the  leading-edge  cylinder' 
produces  expansion  waves,  emanating  from  the  surface,  which  can  be  considered 
be  "reflected"  from  the  sonic  line  to  give  a  compression  wave  directed  toward: 
the  surface  (see  Section  4).  The  overall  magnitude  of  this  compression  wave 
would  be  expected  to  depend  on  the  maximum  over-expansion  produced  at  the  cha.' 
of  curvature ,  measured  as  the  difference  in  pressures  at  this  point  for  blunt 
sharp  aerofoils.  The  compression  wave  will  be  modified  by  the  expansive  flov. 
produced  by  the  aerofoil  shape  behind  the  leading  edge,  but  where  the  surface 
curvature  is  low  the  compression  wave  will  dominate  the  flow  and  produce  a  n^*« 
compressive  effect.  The  chordwise  extent  of  the  over- expans ion,  for  a  given 
downstream  shape,  would  be  expected  to  depend  on  the  size  of  the  leading  edge. 

The  downstream  changes  in  surface  pressure  induced  by  the  blunt 
leading  edges  are  shown  in  Fig.  13,  for  all  incidences  above  0  degrees  and  at 
Mach  number  of  one.  The  zero  incidence  results  which  show  separation  at  the 
shoulder  have  not  been  included.  The  pressure  difference,  Ap/H0,  is  plottec 
against  S/a,  the  non-dimensionalised  distance  measured  downstream  from  the  cr 
of  curvature. 


In  order  to  attempt  to  achieve  a  simple  correlation,  based  on  the  fl 
mechanism  outlined  above,  the  pressure  differences  have  been  non-dimensionaliv 
the  product  of  H0  and  the  appropriate  value  of  Ap/H0  at  £  =  0  and  plo- 

in  Fig.  14  versus  the  length  scale  (£)  non-dimensionalised  by  the  leading-edge 
radius  (r).  The  pressure  differences  for  both  blunt  leading  edges,  at  a  give 
incidence,  are  seen  to  be  correlated  quite  well  up  to  £/r  =  20.  However, 
pressures  at  the  larger  values  of  £/r  (>  20)  fluctuate  considerably.  Up  tc 
few  leading-edge  radii  behind  the  change  of  curvature,  the  results  for  all 
incidences  agree  closely,  but  with  increasing  distance  an  effect  of  incidence 
becomes  evident!  the  pressure  increments  approach  zero  less  rapidly  as  incifie 
is  increased.  The  expansive  flow  produced  by  the  surface  interacts  with  and 
spreads  the  incoming  pressure  wave,  and  as  the  local  Mac!-  number  increases,  wi 
increasing  incidence,  this  effect  becomes  more  marked. 


The  correlation  of  induced  pressure  differences  becomes  less  good  as 
f.ree-stream  Mach  number  is  reduced,  but  it  improves  at  supersonic  speeds.  Ix< 
Fig.  15  are  shown  the  results  for  incidences  from  0  to  2  degrees,  at  a  free-su 
Mach  number  of  1*40,  and  the  correlation  is  seen  to  be  good.  Data  obtained  b 
Holder  and  Chinneck*®,  on  a  cylindrically-blunted  flat  plate  at  a  Mach  number 
1*42,  also  agrees  well  with  the  present  data  on  this  basis. 

8.  Flow  about  the  Leading-Edge  Cylinders 

8*1  Pressure  distributions 


Pressures  on.  the  leading-edge  cylinders  of  the  blunt  aerofoils  have 
been  measured  in  staff icient  detail  (particularly  for  aerofoil  E501 5)  to  show  s 
interesting  effects.  In  considering  the  pressures  in  this  region,  it  should  ' 
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borne  in  mind  that  each  pressure  hole  subtends  an  angle  of  about  4  degrees  for 
section  R3010  and  2^  degrees  for  section  R3015,  and  this  affects  the  precision 
of  any  analysis.  The  data  considered  in  this  Section  was  obtained  with  a  liner 
open-area  ratio  of  0*  091  and  with  natural  transition. 

The  leading-edge  pressures  for  both  aerofoils  are  plotted  versus  the 
angular  co-ordinate  0  (measured  from  the  axis  of  symmetry)  in  Pig.  16(a),  for  a 
free-stream  Mach  number  of  0*7  and  zero  incidence.  The  pressures  for  the  two 
aerofoils  are  found  to  be  in  good  agreement.  In  subsonic  flow  the  pressures  at 
the  leading  edge  are,  in  principle,  dependent  on  the  whole  body  shape,  but  the 
differences  in  shape  between  the  two  aerofoils  tested  here  are  evidently 
insufficient  to  cause  a  noticeable  effect.  Even  the  pressures  on  a  complete 
circular  cylinder  reported  by  Perkins  and  Gawenl?  are  close  to  those  measured 
here  until  the  change  of  curvature  is  approached.  In  this  region  the  flow  on 
the  leading  edge  is  affected  by  the  aerofoil  afterbody  and  a.  compression  starts 
before  the  end  of  the  cylinder. 

The  pressure  distributions  on  the  two  blunt  leading  edges  are  also 
compared  for  Mach  numbers  of  1*0  and  1*4  in  Pigs.  16(b)  and  (c)  respectively  and 
again  are  found  to  be  in  good  agreement.  This  result  is  expected  for  supersonic 
speeds,  when  an  afterbody  does  not  in  theory  affect  the  leading-edge  flow.  At 
low  supersonic  speeds  the  pressure  distribution  on  a  circular  cylinder  is  seen  to 
be  well  represented  by  the  simple  relationship 
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up  to  values  of  0  of  about  75°.  Also  shown  in  Pig.  16(c)  are  the  pressures 
measured  on  a  cylindrical  leading  edge  on  a  flat  plate  at  Kq  =  1*42,  by 

Holder  and  Chinneck^  .  If  allowance  for  the  different  Mach  number  is  made, 
their  results  agree  well  with  the  present  values.  At  these  high  free-stream 
Mach  numbers  the  flow  on  the_leading  edge  shows  a  smooth  expansion  up  to  the 
discontinuity  of  curvature  (0  =  82*3  on  section  R301 5). 


The  variation  of  leading-edge  pressure  with  incidence  is  shown  in 
Pigs.  17(a)  and  (b)  for  aerofoil  R301 3  at  Mach  numbers  of  0*8  and  1*0.  The 
stagnation  point  (p/Hq  =  1*0)  moves  round  to  the  lower  surface  with  increasing 
incidence,  the  movement  being  more  rapid  for  the  lower  Maoh  number.  On  the 
upper  surface  the  local  Mach  number  at  a  given  point  increases  with  incidence, 
whilst  the  converse  applies  on  the  lower  surface.  At  incidence  the  pressures 
on  both  sections  axe  still  in  good  agreement  over  most  of  the  leading  edge. 

Gn  the  lower  surface  (negative  0)  the  local  Mach  number  at  the  shoulder  decreases 
with  increasing  incidence  and  eventually  becomes  subsonic,  as  seen  in  Pigs.  17(a) 
and  (b).  In  these  circumstances  significant  afterbody  effects  are  present  and 
agreement  between  the  pressures  on  the  two  leading  edges  in  the  vicinity  of  the 
lower  surface  change  of  curvature  is  not  good.  The  data  from  aerofoil  R3010 
is  shown  with  flagged  symbols  in  Pig.  17  where  it  differs  significantly  from  the 
R3015  data. 


8.2  Comparison  with  theory 

The  problem  of  inviscid  flow  round  the  forward  part  of  a  circular 
cylinder  in  a  sonic  free-stream  has  been  solved  numerically  by  Chushkin?  using 
Dorodnitsyn's  method  of  integral  relations i8.  Diese  theoretical  surface 
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pressures  are  compared  with  those  measured  on  the  present  leading-edge  cylindi 
in  Fig.  16(h)  and  are  in  good  agreement. 

According  to  the  theoretical  solution  the  limiting  characteristic 
leaves  the  leading  edge  where  the  surface  slope  is  about  12*5  degrees  and  chaj 
in  the  body  shape  behind  this  point  will  not  affect  the  upstream  flow,  providr 
the  disturbances  due  to  the  changes  still  allow  isentropic  flow.  For  the 
aerofoils  tested  here  it  has  been  shown  in  Sections  4  and  5  that  the  body  sha] 
generates  a  shock  wave  just  behind  the  leading-edge  cylinder  and  this  might  b< 
expected  to  show  some  effect  on  the  leading-edge  flow  field.  However,  the  g- 
agreement  between  experiment  and  theory  indicates  that  for  these  aerofoils,  a- 
zero  incidence,  the  afterbody  shape  is  having  no  appreciable  affect  on  the 
leading-edge  surface  pressures. 

8.3  Movement  of  stagnation  point 

It  is  observed  from  plots  such  as  those  shown  in  Figs.  17(a)  and  (b 
that  the  pressure  distributions  retain  their  general  farm  as  incidence  is  var 
the  effect  of  incidence  being  mainly  to  shift  the  distribution  through  an  ang 
amount  equal,  to  the  shift  of  the  stagnation  point.  This  result  would  be  exp. 
at  supersonic  Mach  numbers  for  a  cylindrical  leading  edge,  since  the  limiting 
characteristics  would  then  always  lie  on  the  cylindrical  part  and  the  body  s;m 
forward  of  them  would  remain  unchanged  with  incidence. 

In  an  attempt  to  correlate  the  angular  displacement  of  the  pressure 
distributions  with  incidence  a  new  angular  co-ordinate  0  +  ktx  has  been  used 
where  k  has  been  chosen  to  achieve  a  "best  correlation"  of  pressures  for  al‘ 
incidences  at  a  given  Mach  number.  Typical  cases  for  Mach  numbers  of  O’  8  an 

1*0  are  shown  in  Figs.  18(a)  and  (b),  for  which  k  is  chosen  as  3*5  and.  2*0 
respectively.  The  correlation  achieved  is  very  good,  except  for  regions  clcx 
the  lower  surface  shoulder,  where  the  local  speed  becomes  subsonic  at  high 
incidence,  and  for  regions  close  to  the  upper  surface  shoulder  at  low  incident 

The  variation  of  k  with  Mach  number  is  shown  in  Fig.  19,  where  re, 
for  both  aerofoils  agree  within  the  limits  of  the  uncertainty  indicated.  Th< 
parameter  k  (the  rate  of  movement  of  stagnation  point  with  incidence)  is  foi 
decrease  with  increasing  Mach  number.  It  is  expected  that  k  should  tend  ti 
unity  for  sufficiently  large,  supersonic  speeds,  since  the  limiting  character: 
move  forward  with  increasing  Mach  number  and  the  afterbody  shape  has  less  chai 
of  influencing  the  upstream  flew. 

8.4  Movement  of  sonic  point 

The  measured  pressure  distributions  can  be  used  to  find  the  sonic  p 
on  the  leading-edge  cylinder,  its  position  being  defined  by  p/H0  =  0*  528. 
The  variation  of  sonic  point  position  given  by  its  angular  co-ordinate,  B*,  ii 
shown  as  a  function  of  Mach  number  in  Fig.  20,  for  various  incidences. 

At  zero  incidence  the  forward  movement  of  the  sonic  point  (0*  deerc 
is  simply  due  to  the  general  increase  in  surface  Mach  number  as  the  free-stre; 
Mach  number  increases.  When  at  incidence,  however,  the  movement  of  the  sonii 
point  with  increasing  Mach  number  is  the  resultant  of  two  contributions:  one 
tends  to  move  the  sonic  point  forward,  just  as  at  zero  incidence,  while  the  o- 
is  due  to  the  forward  movement  of  the  stagnation  point  on  the  lower  surface  aj 
tends  to  move  the  sonic  point  aft.  At  2  degrees  incidence  and  above,  the  la- 
effect  dominates  to  give  the  net  rearward  movement  with  Mach  number  seen  in  F: 

Since,/ 
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Since,  at  zero  incidence,  the  sonic  point  moves  forward  with  increasing 
Mach  number,  so  that  there  is  more  supersonic  expansion  before  the  change  of 
curvature,  the  peak  Mach  number  increases  with  free-stream  Mach  number.  At 
incidences  of  2  degrees  and  above,  the  peak  Mach  number  will  decrease  with 
increasing  free-3tream  Mach  number,  because  of  the  rearward  movement  of  the  sonic 
point  and  the  decrease  of  turning  angle  before  the  change  of  curvature.  These 
variations  of  peak  Mach  number  are  seen  by  comparing  Pigs.  17(a)  and  (b).  It 
is  this  sonic  point  movement  which  has  caused  the  "peak"  to  disappear  at  Mach 
numbers  approaching  one  on  many  aerofoils  which  have  been  developed  at  the  N.P.L. 
to  have  moderate  "peak"  heights  at  lower  speeds.  On  these,-  the  change  of 
curvature  occurs  at  a  lower  value  of  0  so  that,  at  high  Mich  numbers,  there  is 
insufficient  supersonic  expansion  between  the  sonic  point  and  shoulder  to  produce 
a  significant  "peak".* 


9.  Lift  Coefficients  and  Lift-Drag  Ratios 

Lift  coefficients  have  been  obtained  by  .integration  of  the  measured 
pressure  distributions  using  the  relationship 


where  'A'  denotes  the  difference  between  upper  and  lower-surface  values. 

The  variation  of  lift  coefficient  with  Mach  number  is  shown  in  Pig.  21 
for  the  bu  nt  aerofoil  R301 0  at  2,  3  and  A  degree’s  incidence.  Curves  have  been 
drawn  only  for  this  aerofoil,  for  which  data  at  M0  -  0*  85  has  been  obtained, 
and  these  are  shown  dotted  where  uncertainty. remains  as  to  their  exact  form. 

The  variation  of  lift  coefficient  with  Mach  number  is  typical  of  that  for  general 
aerofoils  with  shock-induced  separation  in  the  transonic  range.  At  a  given 
incidence,  lift  increases  to  a  maximum  at  a  Mach  number  of  about  0*85  and  then 
falls  rapidly  with  increasing  Mach  number  up  to  about  0*  9,  beyond  which  it  rises  to 
a  second  ma-rijmnn  near  1*05  Mach  number.  Lift  coefficient  then  falls  slowly  with, 
increasing  supersonic  speed. 

The  variation  of  lift  with  incidence  is  shown  for  all  three  aerofoils 
in  Pigs.  22(a),  (b)  and  (c)  at  Mach  numbers  of  0*8,  1*0  and  1*4  respectively. 

At  all  incidences  for  the  lower  Mach  numbers  (Figs.  22(a)  and  (b))  the  lift 
coefficient  is  increased  by  blunting  the  leading  edge.  This  effect  is  due  to 
the  low  pressure  region,  induced  by  the  leading-edge  bluntness,  which  was 
discussed  in  Sections  6,2  and  7,  Die  chordwise  extent  of  the  over-expansion 
increases  with  increasing  leading-edge  radius  and,  correspondingly,  the  lift 
coefficient  increases  at  the  same  time.  The  changes  in  lift  at  the  higher  Mach 
numbers  are  less  marked  because  the  extent  of  the  over-expansion  decreases  with 
increasing  supersonic  speed,  as  was  noted  in  Section  6,2,  At  the  Mach  number 
of  1*4,  lift  coefficient  is  not  appreciably  altered  by  leading-edge  blunting 
(Pig.  22(c)). 

The  pressure-drag  coefficients  for  these  aerofoils  are  discussed  in 
detail  in  Ref,  1 9.  These  drags  were  obtained  by  integration  of  the  measured 

surface/ 

*The  results  of  the  tests  on  the  circular  leading  edges  show  that  the  height  of  the 
pressure  "peak"  will  always  tend  to  decrease  with  increasing  Mach  number. 

However,  it  is  quite  possible  for  an  aerofoil  to  have  a  satisfactory  "peak" 
height  at  low  speeds  but  still  generate  a  significant  "peak"  at  near-sonic  speeds. 
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surface  pressures  and  the  results  at  Mach  numbers  of  one  and  above  have  been 
"corrected"  to  remove  boundary-layer  shock-wave  interaction,  effects  at  the 
trailing  edge.  ,  Hie  lift-drag  ratios  for  all  three  aerofoils  have  been 
calculated  and  are  shown  in  Pigs.'  23(a),  (b)  and  (c)  for  Mach  numbers  of  0*8, 
1*0  and  1*4  respectively.  At  the  lowest  Mach  number  the  effect  of  blunting 
leading  edge  is  to  increase  the  lift-drag  ratio,  except  for  section  R301 5  at 
highest  incidences  (Fig.  23(a)).  Ho?/ ever,  lift-drag  ratio  does  not  progress 
increase  with  leading-edge  radius  and  aerofoil  R3010  has  higher  values  than  1 
this  being  due  to  the  higher  drag  of  the  latter  section.  At  sonic  free-stre 
speed  (Pig.  23(b))  the  blunt  aerofoils  have  higher  lift-drag  ratios  only  at. 3 
incidences  and  again  the  aerofoil  R301 0  has  higher  values  than  aerofoil  R301 l 
At  the  supersonic  Mach  number  of  1*4  the  lift-drag  ratio  is  progressively  red 
by  blunting  at  all  incidences  (Fig.  23(c)). 

The  comparison  of  lift-drag  ratios  made  so  far  is  between  aerofoils 
with  different  thickness-chord  ratios,  as  the  blunting  for  the  present  series 
aerofoils  has  been  effected  by  cutting  back  the  leading  edge  and  thus  increae 
the  thickness-chord  ratio*  A  more  valid  comparison  of  performance  of  sharp 
blunt  aerofoils  would  be  made  by  comparing  shapes  of  the  same  thickness-chord 
ratio.  This  can  be  done  using  the  present  sharp  aerofoil  data  and  applying 
transonic  similarity  law  of  Ref.  1 5  to  the  measured  force  coefficients  to  oM 
data  appropriate  to  sections  of  different  thicknesses.  According  to  the 
transonic  similarity  law,  the  lift-drag  ratio  of  a  section  of  thickness  n, 
at  a  Mach  number  M  ,  is  related  to  the  lift-drag  ratio  of  a  section  of 

oi  ° 

thickness  Ta ,  at  a  Mach  number  M  ,  by 

’  03 


where  MQ1  and  M^  are  related  through  the  similarity  parameter 


§  01  _  03 

0  =  C(y+i)  ’  [(vO 

The  lift-drag  ratios  of  a  sharp  aerofoil  of  thickness-chord  ratio 
equal  to  that  of  the  blunt  aerofoil  R3015  (r  =  0*092)  have  been  calculated  • 
this  procedure  and  are  shown  in  Fig.  23.  Except  for  the  Mach  number  of  unit,' 
these  lift-drag  ratios  apply  at  slightly  different  Mach  numbers  to  those  for 
which  the  measured  values  apply,  the  actual  values  being  indicated  in  Figs.  2 
and  (c).  The  sharp  aerofoil  is  seen  to  have  lower  values  of  lift-drag  ratio 
•than  the  blunt  aerofoil  at  Mach  numbers  of  0*8  and  1*0,  but  slightly  higher 
values  at  the  supersonic  Mach  number  of  1*4. 

10.  Effects  of  Tunnel-Wall  Interference 


The  results  at  the  Mach  number  of  1*4  are  free  from  any  tunnel 
interference  effects  since  the  model  lies  within  the  diamond  formed  by  the  boi 
shock  and  its  reflection  from  the  walls.  At  the  very  low  supersonic  speeds  • 
local  pressures  are  "frozen"  (i.e. ,  nearly  independent  of  free- stream  Mach 
number)  and  therefore  not  greatly  affected  by  tunnel  interference,  the  main 
influence  in  this  case  being  to  alter  the  effective  free-stream  Mach  number. 

At/ 
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At  subsonic  speeds  the  results  would  be  subject  to  significant  tunnel 
interference  effects  due  to  both  classical  blockage  and  lift- interference,  the 
latter  being  predominantly  due  to  the  downwash  effects  appropriate  to  an 
open- jet  configuration. 

In  the  transonic  speed  range,  between  these  two  regimes,  a  mixture  of 
the  two  situations,  occurs.  In  the  local  supersonic  flow  upstream  of  the  shocks 
tile  local  pressures  tend  to  be  uninfluenced  by  the  walls,  especially  when  they 
have  reached  their  sonic-range  "freeze"  values.  In  the  subsonic  flow  downstream, 
however,  the  blockage  effects,  at  least,  still  apply  and  particularly  the 
position  of  the  terminating  shock  is  still  influenced  by  the  wall  configuration. 

In  Ref.'  6,  Pearcey,  Sinnott  and  Osborne  considered  these  interference 
effects  and  drew  attention  to  a  local  distortion  of  the  local  supersonic  flow  that 
could  occur  prior  to  the  sonic  "freeze",  if  the  open  area  of  the  slotted  liners 
is  too  large.  Their  main  discussion  concerns  measurements  in  an  N.P.L. 

20  in.  x  8  in.  (50*8  cm  x  20*3  cm)  working-section  tunnel,  but  some  results  axe 
included  for  the  36  ha.  x  14  in.  tunnel  used  here.  The  liners  normally  used  in 
this  tunnel  are  0*091  open-area  ratio  and  give  effectively  "open- jet”  blockage 
correction.  Tie  slotted-vra.ll  parameter,  T,  of  Header  and  Wood^O  equals  0*96  in 
this  case  (see  table  in  Pig.  24).  This  parameter  involves  slot  spacing,  tunnel 
height  and  open-area  ratio  and  defines  the  wall  characteristics  explicitly. 

According  to  Ref.  6,  closing  all  hut  three  of  the  eleven  slots  in  each  liner  gives 
nearly  zero  interference  liners  (cr  =  0*023,  1  =  0*73)*  The  more  open  liners 

are  normally  used  since  they  allow  operation  up  to  higher  f re  e-stream  Mach  number. 

In  order  to  obtain  some)  measure  of  the  importance  of  tunnel  interference 
effects  in  the  present  cases,  limited  tests  were  carried  out  using  models  R30  and 
R301 5  with  a  liner  open-area  ratio  of  0*  025.  The  maximum  Mach  number  attainable 
with  the  liner  slots  in  this  partially  closed  position  was  about  0*  9.  The 
variations  of  pressure  with  free-stream  Mach  number  for  points  at  the 
over-expansion  at  the  shoulder  and  at  about  44^  chord  have  been  discussed  in  Ref.  19. 
There  it  was  shown  that  the  pressures  in  the  over-expansion  "freeze"  at  a  Mach 
number  of  about  0*  8,  whereas  further  back  on  the  chord  the  pressures  "freeze"  at 
a  Mach  number  of  about  0*9.  As  expected,  the  local  pressures  are  little  affected 
by  wall  interference  at  Mach  numbers  above  those  at  which  the  onset  of  sonic 
"freeze"  occurs. 

The  effect  on  the  chordwise  pressure  distribution  of  varying  the  liner 
open-area  ratio  is  shown  in  Pig.  24,  for  aerofoil  R3015  a-t  2  degrees  incidence. 

The  comparisons  are  made  by  comparing  pressures  obtained  for  different  liner 
configurations  but  the  same  free-stream  Mach  number,  as  indicated  by  an  upstream, 
wall  static-pressure  orifice.  At  a  Mach  number  of  0*7  (Fig.  24(a))  there  is  a 
small  reduction  in  pressure,  over  most  of  the  upper  and  lower  surface,  brought 
about  by  reducing  the  open  area.  At  the  higher  Mach  number  of  0*  8  (Pig.  24(b)) 
the  pressures  near  the  leading  edge,  on  the  upper  surface,  are  "frozen"  but 
further  back  there  is  a  marked  effect  associated  with  the  movement  of  the  shock 
wave  from  10$  to  6 0fo  chord.  Where  the  flow  is  locally  subsonic,  at  Mg  -  0*8, 
the  effects  of  changing  wall  configuration  are  similar  to  those  at  Hq  =  0’7. 

At  the  Mach  nuinber  of  O’ 9  the  pressures  ahead  of  the  shock  wave  are  "frozen", 
but  again  there  is  a  pronounced  effect  of  liner  open-area  on  shock  position  for 
both  upper  and  lower-surface  shocks.  Tests  on  aerofoil  R30  show  similar 
effects  brought  about  by  reducing  the  open-area  ratio  from  0*091  to  0*025. 

_  If  the  leading-edge  pressures  are  plotted  versus  the  angular  co-ordinate 

0  (as  in  Section  8. 1 )  for  the  two  values  of  liner  open-area,  it  is  found  that  the 

position/ 


18  - 


position  of  the  stagnation  point  moves  aft  on  the  lower  surface  as  the  open  are 
is  reduced.  However,  the  changes  are  small  and  involve  movements  of  stagnatio 
point  of  approximately  1*5  to  1*0  degrees  for  Mach  numbers  of  0*7  and  0*8 
respectively.  Any  change  in  the  stagnation  point  position  is  not  dxscemable 
M0  =  0*9.  If  the  rate  of  change  of  stagnation  point  with  incidence  establis 
in  Section  8.3  is  assumed  co  apply,  then  the  effective  change  of  incidence  is  a 
0*3  degrees  for  Mach  numbers  of  0*7  and  0*8,  and  zero  for  higher  speeds.  Thi3 

shows  that  the  classical  tunnel-correction  to  incidence  ceases  to  apply  as  son! 
speed  is  approached,  and  that  the  actual  correction  to  incidence  decreases  with 
increasing  Mach  number  to  become  zero  when  the  leading-edge  pressures  hove  "fro 
The  changes  of  liner  open-area  are  accompanied  by  changes  in  corrected  tunnel 
Mach  number,  so  that  a  slightly  different  value  of  k  should  be  used  for  each 
value  of  liner  open-area  ratio.  However,  these  effects  axe  small  (since  the 
changes  in  corrected  tunnel  Mach  number  at  M0  «  0*7  and  M0  =  0*8  would 
only  about  0*01  and  0*02  respectively)  and  would  not  alter  the  above  figures  fo; 
'the  change  of  effective  incidence. 

A  considerable  amount  of  experimental  work  would  be  necessary  to 
arrive  at  the  corrections  needed  to  apply  the  present  data  to  free-air  conditio. 
However,  the  comparisons  made  here  between  the  three  aerofoil  sections  involve 
changes  in  the  flow  at  the  leading  edge  and  over  the  forward  parts  of  the 
aerofoils,  and  this  region  is  little  affected  by  tunnel  interference  at  Mach 
numbers  above  0*8.  The  main  effect  of  tunnel  interference  thereafter  is  to 
alter  the  position  of  the  rear  shock  and  thus  the  absolute  magnitude  of  the  for 
coefficients. 

1 1 .  Conclusions 


The  geometrically  simple,  blunt  aerofoils  considered  here  show  a  "poa 
type  of  behaviour  throughout  the  transonic  and  low-supersonic  speed  range,  and  . 
incidences  up  to  A  degrees.  The  supersonic  compression  from  the  "peak" 
involves  a  shock  wave  which  is  shown  to  be  due,  primarily,  to  the  intersection  r 
characteristics  of  the  family  leaving  the  surface  behind  the  leading  edge.  In 
many  cases  it  is  probable  that,  if  the  boundary  layer  is  laminar,  the  strong 
.adverse  pressure  gradient  in  this  region  also  separates  the  boundary  layer  and 
gives  rise  to  another  shock  at  reattachment.  The  two  shocks  merge  together  anc 
cannot  be  separately  identified  in  the  experimental  observations. 

Comparisons  between  the  data  for  the  blunt  aerofoils  and  the  sharp, 
biconvex  aerofoil  show  that  the  chordwise  extent  of  the  low-pressure  region,  inc 
by  the  blunting,  increases  with  leading-edge  radius,  but  that  the  effects  of 
blunting  decay  rapidly  in  a  downstream  direction.  Thus  the  leading  edge  is  noi 
very  effective  in  modifying  the  pressures,  and  therefore  shock  strength,  in  the 
vicinity  of  mid-chord,  in  spite  of  the  very  large  leading-edge  radii  used  here, ' 

The  pressures  on  the  leading-edge  cylinders  are  found  to  be  insensitiv 
to  afterbody  shape  even  at  subsonic  free-stream  speeds.  Analysis  of  the 
leading-edge  pressure  distributions  shows  that  the  angular  movement  of  the 
stagnation  point  is  proportional  to  the  angle  of  incidence.  The  constant  of 
proportionality  decreases  from  about  5  at  Mq  =  0*7  to  2  at  Mq  =  1*0,  and 

becomes  equal  to  its  expected  supersonic  value  of  unity  at  MQ  =  1*4.  The 

sonic/ 

h«*  mm  mm  mm 

It  may  be  that  for  some  other  aerofoils,  which  do  not  give  a  shock  in  the 
'  supersonic  compression,  the  downstream  influence  of  the  leading  edge- is  more  t 
that  found  here.  However,  xt  has  been  noticed  in  aerofoil  design  work  that 
ad  hoc  variations  of  leading-geometry  are  often  ineffective  in  producing  varia 
in  surface  pressure  downstream  of  the  leading-edge  region. 
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sonic  point  on  the  blunt  leading  edge  moves  forward  with  increasing  Mach  number 
when  the  aerofoils  are  at  zero  incidence.  However,  at  moderate  incidences  the 
sonic  point  is  found  to  move  rapidly  rearwards  on  the  leading-edge  radius  as 
sonic  free-stream  speed  is  approached. 

The  low  pressures  induced  on  the  aerofoil  upper-surface  by  the  blunt 
leading  edges  are  effective  in  increasing  the  lift  coefficient,  and  the  lift 
coefficient  increases  with  leading-edge  radius.  These  effects  are  most  marked 
at  subsonic  speeds  and  decrease  with  increasing  Mach  number  to  become 
insignificant  at  M0  =  1*4* 

At  s'dbsonic  speeds  the  blunt  aerofoils  show  higher  lift-drag  ratios 
than  the  sharp  aerofoil,  hut  the  lift-drag  ratio  does  not  increase  uniformly  with 
increasing  leading-edge  radius.  At  Mq  =  1*0  the  effect  of- blunting  depends 

on  the  angle  of  incidence.  At  Mo  =  1*4  the  lift-drag  ratio  is  less  for  the 
blunt  aerofoil  than  for  the  sharp  one.  However,  if*  a  comparison  is  made  between 
measured  lift-drag  ratios  for  the  blunt  aerofoils  and  estimated  values  for  sharp 
sections  of  the  same  thickness-chord  ratios,  it  is  found  that  leading-edge  blunting 
increases  lift-drag  ratio  for  all  incidences  and  Mach  numbers  up  to  values  just 
in  excess  of  unity.  At  Mq  =  1*4  the  effect  of  blunting  is  still  to  reduce 
lift-drag  ratio. 
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FIG.  I 


Sketched  presiure  distribution  for  <<peoky'>and  "non -peaky" 

type i  of  oercfolle 

(a)  *Vlon  peaky" 

(b)  MRraky>l  (partial  lecntrople  compression) 

(c)  Ideal  ^takyM  (with  completely 
iscntropic  compression) 
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Description  of  aerofoil  sections  for  two-dimensional  models 
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Sketched  characteristics  solution  on  q  compression  corner 
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FIG. 8  (b) 
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CompoHion  of  upper  -surfoct  prs»»urc  on  the  thorp  and  blunt  leading  -edge* 

aerofoil*  qt  M0  m  (MO 
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Comparison  of  upper -surfcco  pressures  on  the  thorp  ond  blunt  leading-edged  aerofoils 
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FIG.  11(b) 
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FIG.  13 
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Corrtlotion  of  i«Htict0  prmtirt  difference  due  to  leading-edge  blunting 
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Pressure*  on  cylindcrjcoj  leading -edge  of  constant  radius  at  zero  incidence 
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FIG.  17(b) 


(b)  M0«  1*0 
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Correlation  of  pressure  distributions  at  incidence  on  leading-edge  of 

aerofoil  R30IS 
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Rate  of  angular  movement  (k)  of  stagnation  point  on  aerofoils  R  3015  and 
R30I0  with  incidence.  Effect  of  Mach  number 
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FIG.  20 


Movement  of  sonic  point  on  aerofoils  R3010  and  R30I5  with 


Mach  number  for  various  incidences 
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Variation  of  lift  coefficient  on  R30I0  with  Mach  nuwbcr  for  various 


incidences 
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FIG.  22  (o~c) 


A  Aerofoil  R30I5 

Comparison  of  lift  coefficients  for  sharp  and  blunt 


leading-edged  aerofoils.  Variation  with  incidence. 
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Comparison  of  Hft-drqg  ratio*  lor  sharp  and  blunt 
leading  ~2dgcd  aerofoils.  Variation  with  incidence. 
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FIG.  24(c) 


Effect  on  pressure  distribution  of  varying  wall  slot  opening.  Aerofoil  R30I5 
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